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SUMMARY 
As part of a general study of wing characteristics at supersonic 
speed, wind-tunnel tests were conducted of three sharp-edge wing 
models having a thickness ratio of 5 percent and a common triangular 
plan form of aspect ratio 2. The models were designed to study the 
ei'i'ects of variation in thiclrness distribution and camber with the 
apex of the plan form both leading and trailing. M3asurements were 
made 01' lit't, drag, and pitching moment at a Mach number of 1.53 
and a Reynolds number of 0.75 million. The experimental techniques 
are described and the measured data compared with the calculated 
results of th~ inviscid, linear theory. 
1'he experimental l1:f't and moment curves were found to conform 
e8sent1al.lJ with the superposition principle or the linear theOl7-
~ litt-eu:rTe slopes tar the swept-back and swept-forward wings (apex 
lea41ng and traUine, respectively) asreed with each other and witb. 
the ca:zmon theoretical value within an over-e.ll l'8.D8! of about 
10 percent. For the swept-back triangles, the moment-curve slopes 
(as referred to the centrOid of plan-form area) were essenti~ zero 
as given by- thear,-j for the swept-forward triangles, the experimental. 
slopes indicated positions ot the aerodynamic center noticeably 
forward of that predicted b,. the linear theory_For the cambered 
wings, the experimental values ot the a.nele and DI.OID9nt at zero 11ft, 
the computation of which was not attempted, were seen to be in quali-
tative accord With -what 1s known ot the general nature of the flow 
~lelds .. 
Displacement of the IDaXLffium thickness for the swept-back 
triangles forward from the 50-percent to the 20-percent chordwise 
station did not reduce the measured minimum total drag in the way 
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that theoretical considerations of the pressure drag alone predict. 
Supplementary liquid-film tests indicated that this condition was 
the result of changes in the extent of turbulent flow in the 
bound..ary layer. For a given wing model the measured minimum drag 
'WaS found to be essentially independent of the direction of sweep. 
Rounding the leading edge of the swept-back wing with maximum 
thickness at 20-percent chord reduced the drag due to angle of 
attack by a small amount and correspondingly increased the maximum 
lift-drag ratio, demonstrating the possibility of aerodynamic gains 
from the leading-edge suction predicted by theory. 
INTRODUCTION 
The problem of the finite-span wing at supersonic speeds is 
currently the subject of study by numerous investigators. At the 
present time, methods for the theoretical treatment of the problem 
have been firmly established and are receiving increasing applica-
tion in design. Experimental investigation is, however, at a 
relatively undeveloped stage. To aid in this development an experi-
mental study has been made at supersonic speed of approximately 30 
wings of varying plan form and section. The present paper, which is 
concerned primarily with the effects of section variation for wings 
of a given triangular p~an form, is the first of several papers 
covering this general study. Subsequent papers will discuss the 
influence of aspect ratiO, taper, and angle of sweep for a wide 
range of wings. The present paper also constitutes part of a 
coordinated study of triangular wings of low aspect ratio through-
out the range of possible flight conditions (references 1, 2, and 3). 
The material included in the present report is concerned with 
triangular wings of aspect ratio 2, both swept back and swept 
forward, at a Mach number of 1.53, a combination which places the 
leading edge of the swept-back wing well within the Mach cone from 
the apex. The experimental data are analyzed to check the results 
of the linear inviscid theory, to determine how the predictiOns of 
theory concerning the relative merits of wings of different section 
are modified by the eff ects of viscosity, and to learn something 
of the effects of camber. As a basis for both this and later papers , 
matters of general experimental or theoretical importance are 
described in detail. 
The wing of triangular plan form 'Was chosen for the most 
intensive consideration in the general supersonic study both because 
of the attention such wings are receiving for practical application 
and of the relative ease with which they can be analyzed theoretically. 
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The trla:nsuJ.ar wing with apex leading, which for convenience will be 
called the II swept-back triangle," has already been studied by a 
number of investigators on the basis of the linear theory, which 
allows separate consideration of the effects of thickness, camber, 
and angle of attack. Jones, in reference 4, has calculated the 
characteristics of a flat plate of this type on the assumption of 
constant pressure along radial lines passing through the apex 
together with a small apex angle. It was found that the pressure 
distribution over the surface shows an infinite peak at the leading 
edge and that the aerodynamic center coincides with the centroid of 
plan-form. area. It was also foun<:l that" as a result of the leading-
edge suction associated with the pressure peak, the resultant force 
lies halfway between the normal to the undisturbed air stream and 
the normal to the surface. Certain of the results of this theory 
have been checked experimentally by Ellis and Hasel as reported in 
reference 5. 
Jones' simple theory for the lift has subsequently been extended 
by stewart (reference 6), on the basis of the conical-flow theory of 
Busemann (reference 7), to include any apex angle contained within 
the Mach cone. The lift distribution for this case is found to be 
the same as that determined by the sj~pler theory except for 
multiplication by a factor which depends on the ratio of the tangent 
of the wing semiapex angle to the tangent of the Mach angle. This 
reslut has since been derived by other investigators using different 
mathematical methods (references 8 and 9). The drag due to lift for 
the same case has been given by several authors (references 8, 10, and 
11). It is found that as the semiapex angle increases relative to 
the Mach angle, the resultant force inclines progressively back from 
its previous position midway between the normals to the air stream and 
the surface. When the leading edge reaches the Mach cone the 
resultant coincides with the normal to the surface. 
The lift of a svTept-back triangle with leading edge ahead of 
the Mach cone he.s been discussed by Puckett (reference 12) who 
found th.e.t, despite its nonuniform l:lft distribution, such a wing 
has t he S~ 11ft-curve slope as a flat plate in two-dimensional 
supersonic flmT. As in the tw<Hiimensional case, the resultant 
force i s normal to the plate. 
The drag due to thickness for a swept-back triangle of uncambered 
doubl&-wedge section has been determined by Puckett (reference 12) 
and by Puckett and stewart (reference 11) for the complete range of 
swoepback angles of both the leading edge and the ridge line. It is 
found that the pressure drag coefficient of such a wing may be either 
greater or less than that of a two-dimensional airfoil. If the 
leading edge and the ridge line are both swept sufficiently behind 
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the Mach cone, the pressure drag may be less than half the tw~ 
dimensional value. 
The triangular wing with apex trailing, which will be referred 
to as the "swept-forward triangle," has re~eived little attention 
either theoretically or experimentally. Von Ki~~ (reference 10) 
indicates that to a first order the minjIDum pressure drag for an 
uncambered wing of given shape is independent of the direction of 
motion. Thus a swept-forward triangle should have the same minimum 
pressure drag as the corresponding swept-back triangle already 
considered by Puckett. The effect of camber for triangular Wings 
has received little attention, except for the special case of the 
uniformly loaded swept-back triangle (reference 9). 
SYMSOLS 
b wing span 
c wing chord measured in streamwise direction 
ca mean aerodynamic chord (~ [b/~2 db) 
cg mean geometric chord (sib) 
cr 
CD 
CDaa 
CDac 
wing root chord 
total drag coefficient 
pressure drag coe~:icient of flat stITface due to own 
pressure field 
pressure drag coefficient of flat surface due to pressure 
field of cambered surface 
pressure drag coefficient of cambered surface rule to own 
pressure field 
pressure drag coefficient of cambered surface due to 
pressure field of flat surface 
friction drag coefficient 
CDi rise in drag coefficient above minimum (CD-CDmin) 
CI1nin 
CDt 
minimum total drag coefficient 
pressure drag coefficient due to thickness 
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Cf turb 
C'fturb 
CLa 
CLopt 
dCL 
do. 
LY;L 
Cm 
CIlIa.=O 
dCm 
dCL 
(~ )max 
m 
p 
6p 
Po 
p 
low-speed skin-friction coefficient for turbulent flow at 
Reynolds number based On mean geometriC chord of entire wing 
low-speed skin-friction coefficient for laminar flow at ReYLolds 
number based on mean geometriC chord of laminar area 
low-speed skin-friction coefficient for turbulent flow at Reynolds 
number based on mean geometriC chord of laminar area 
lift coefficient 
lift coefficient a t zero angle of attack 
lift coefficient of flat lifting surface 
lift coefficient for maximum l if t-drag ratio 
lift-curve slope (per radian unless otherrlise specified) 
chanse in lift coefficient from value for minimum drag, 
( CL-{:LD=min) 
pitching-moment coefficient about centroid of plan-form area 
with mean aerodynamic chord as reference length 
moment coefficient at zero lift 
moment coefficient at zero angle of attack 
moment-curve slope 
maximum liftr-drag ratio 
ratio of tangent of wing semiapex angle to tangent of 
l-lach angle (f JMo 2...-1) 
free-stream Mach number 
local-static pressure 
local wing loading 
free-stream static pressure 
(P -gopo) pressure coeffic i'ent \'
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free-stream dynamic pressure 
Reynolds number based on mean geometric chord of wing 
wing plan-form area 
area of laminar flow on one surface of uncambered wing at 
zero angle of attack 
maximum wing thickness 
distance back from leading edge of root chord 
distance back from leading edge of root chord to aerodynami c 
center 
n angle of attack, radians 
nL=O angle of attack at zero lift, radians 
Ua rearward inclination of force due to angle of attack on 
uncambered wi.ng, radians 
ka angle ratio (aa/n) 
APPARATUS AND TEST MElliOIB 
Wi nd Tunne l and Balance 
The investigation was conducted in the Ames 1- by 3-foot 
Supersonic Wind Tunnel No.1, whicb is fitted temporarily with a 
fixed nozzle designed for a t-~ach number of 1.5 in a 1- by 2~ -foot 
test section. The tunnel, as well as the balance and other instru-
mentati on , is described i n detail in references 13 and 14. A cut-
away drawing of the strain-gage balance i s given in f i gure 1. The 
balance as used i n the present investigati on was the same as i n the 
tests of reference 13, except that the pitching moment was obta i ned 
from strain-ga~ measurements of the bending moment in the sting 
support rather than from the reac tions on the main balance spri ngs . 
This bendi ng moment, t oge ther with t he l i ft as measured by the 
springs, determines the pitch i ng moment about the reference axis of 
the model with greater accuracy than did the previous arrangement. 
Models and Supports 
A photograph of the models and the support body is given in 
figure 2. The dimens ions of the models and body are shown in f i gure 3. 
CONFIDENTIAL I I 
I 
__ J 
NACA RM No. A7I10 CONFIDENTIAL 7 
Three wing models were employed in the investigation, all having 
,a triangular plan form of aspect ratio 2. The airfoil sections for 
all three models were of the double-1redge type with a maximum 
thickness of 5 percent of the chord but with different thickness dis-
tribution and different camber. For the uncambered models (T-l and 
T-2), the position of maximum thickness was located 20 and 50 percent 
of the chord, respectively, from the swept edge of the triangular plan 
form. Maximum thickness for model T-3 was at 50 percent of the chord, 
but the airfoil was cambered such that the section profile was an 
isosceles triangle. 
The models and support body were designed so that a given model 
could be tested either as a swept-back or swept-forward wing. The 
two different wings so obtained are distinguished by adding the 
prefix "SE" or "~F, II respectively, to the model designation. vlhen 
considered as a swept-back triangle, the plan form has a 81reep angle 
of 630 26' at the leading edge, which places this edge well within 
the Mach cone from the apex at the test Mach munber of 1.53. Wings 
SBT-l and SET-2 were laid out with the ridge line swept respectively 
behind and ahead of the Mach cone to check Puckett's theoretical 
results concerning the minimum. drag of swept-back triangles. The 
swept-forward ~i~s SFT-l and SFT-2 then provide examples for 
checking von Karman's theorem that the pressure drag due to thickness 
for a wing or body of pointed profile is to a first order independent 
of the direction of motion. Wings SBT-3 and SFT-3 afford an indica-
tion of the effects of camber for the swept-back and swept-forward 
triangles. 
The models were made of hardened, ground tool steel with the 
leading and trailing edges maintained sharp to less than a one-
thousandth-inch radius in most of the tests. In later tests of wing 
SBT-l, the leading edge was progressively rounded in an attempt to 
realize the leading-edge suction predicted by theory. In one test. 
the 1" idge of wing SBT-l was also rounded for a distance of 5 percent 
of the chord fore and aft of the ridge to investigate the effects of 
such change on the minimum drag. 
The body used to support the wings consisted basically of an 
ogive nose of approximately 19 caliber followed by a cylindrical 
afterbody the base of which was somewhat enlarged to fit the support-
ing sting. The body was kept as small as possible consistent with 
the requirelOOnts that it could be used with a wide range of plan 
forms and that it would allow a given wing model to be tested in two 
directions. The body used in most of the tests was mounted on the 
sting at an angle of incidence of 30 , which, together with the ± 50 
angle range of the balance, provided a range of nominal angles of 
attack for the wings from -2 to 80 • For a single test of wing SBT-3 
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at higher angles, a second body with an angle of incidence of 110 
was used to provide a range from 6 to 160 • To accomplish this an 
increase in the size of the base was necessary on the 110 body. 
The wings and body were mounted on the balance as illustrated 
in figure 4, which shows wings SBT-3 and SFT-3 installed for testing. 
The location of the models in the test section was the same as for 
the wings reported in reference 13. The sting supporting the model 
was enclosed in a conical balance cap which extended to wi thin 
3/64 inch of the base of the body. The interference of this cap was 
taken into account as described later. 
Test Methods 
Force tests.- The force tests, which constituted the major part 
of the experimental investigation, were made in essentially the same 
manner as the tests of references 13 and 14. As in reference 13, the 
measurements were confined to the determination of lift, drag, and 
pitching moment. In the present investigation the specific humidity 
in the tunnel was maintained at all times below 0.0002 pound of water 
per pound of air. 
Because of the possibility of error due to the appreciable 
deflection of the support system under load, two independent methods 
were used to determine the angle of the model relative to the 
horizontal center line of the tunnel. The primary method was by 
observation with a telescope of the rotation of a reference line on 
the model during the test, the zero angle having first been established 
under static conditions by means of a dial indicator and a carefully 
leveled surface plate on the floor of the test section. This optical 
method has the advantage of directness but depends to a large degree 
upon the skill of the operator. The secondary check method, described 
previously in reference 13, entailed the addition to the nominal 
angular settiIl8 of a deflection allowance calculated from the 
measured lift and a predetermined elastic constant. The results of 
the two methods were compared in each test; in those cases in which 
a discrepancy was apparent the test was repeated. The measured 
angles were finally corrected for a small, experimentally determined 
stream angle as described later. 
Liquid-film tests.- As a supplement to the force tests, 
observations were also made of the location on the wings of the 
transition from laminar to turbulent flow in the boundary layer. 
This was done by an °adaption of the liquid-film. method originally 
developed by Gray (reference 15) for use in subsonic investigations. 
This method utilizes the fact that the rate of evaporation of a 
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liquid film on the surface of the model is generally greater where 
the boundary layer is turbulent than where it is laminar. 
9 
In the present tests, the model was first coated with flat black 
lacquer of the type used on photographic equipment, the lacquer being 
applied with an air brush after haviD8 been thinned sufficiently to 
make this possible. Immediately prior to installation in the tunnel, 
the model was again sprayed by means of the air brush with a liquid 
mixture composed of glycerin, alcohol, and a liquid detergent in the 
ratiO of 1:9:2 parts by volume. The glycerin is the actual evaporating 
agent in the test j the alcohol, which disappears quickly after appli-
cation, is added as a thinner to allow sprayiD8 with the air brush; 
the detergent is used to facilitate the wetting of the model surf'ace. 
As a control experiment, the lacquer and liquid coatings were tested 
on a body of revolution for which the transition from laminar to 
turbulent f'low could be detected, as described in ref'erence 14, by 
schlieren observation of the shock-wave configuration at the base. 
It was found that the coatiD8s do not themselves alter the flow in 
the boundary layer. 
After application of the liquid film, the model was run at the 
desired test condition for a suf'ficient time to cause the film to 
evaporate completely in the turbulent region but remain moist over 
moat of the laminar area. The diff'erence in rate 'of evaporation 
between the two areas was sufficiently great to allow considerable 
variation in this time without essential alteration of the results. 
Upon removal from the tunnel, the model was dusted with coarse talcum 
powder which adhered to the laminar but not to the turbulent area, 
thus increasiD8 the visual contrast between the. two regions. The 
excess powder was then blown off with a dry jet from the air brush, 
and the model photographed. 
Photographs of both a body of revolution and a wing af'ter testing 
in this manner are given in figure 5. A band of salt crystals was 
applied on both the body and the wing to cause transition to 
turbulence in a region in which the flow would otherwise be laminar. 
The dry area downstream of the salt crystals is apparent. Small 
dry areas also appear just aft of the nose on the body and of the 
leading edge on the wing, regions in which the laminar boundary 
layer is very thin and the surface shear accordingly very high. This 
local drying is the result of the viscous scouring and the high 
localized rate of' evaporation which accompany this condition. In 
same cases, the otherwise dry turbulent area af't of the transition 
point may be streaked with streamers of excess liquid blown back 
from the laminar rogion. These stre~r8 may at times be used as a 
valuable indication of the direction of flow within the turbulent 
boundary layer. 
CONFIDENTIAL 
10 COHFIDEJl1TIAL MCA RJl-l No. A71l0 
Schlieren observations.- Side-view schlieren photographs of the 
wings throughout the angle range were taken concurrently with the 
force tests. Plan-view photographs at zero angle of attack were taken 
during special additional runs. 
ANALYSIS OF DATA 
Corrections to Experimental Results 
Interference of support body.- The results of the force tests 
have been reduced to coefficient form by the procedure described in 
reference 13. No correction has been applied for the tare and 
interference effects of the support body. For the minimum drag in 
particular, such effects may be considerable and must be taken into 
account before a conclusive comparison can be made between the 
measured values and the theoretical results for the wings alone. 
A d.etalled study was made in an attempt to accomplish thisj however, 
because of the present uncertainty of the numerous drag corrections 
which it is possible to name or estimate, it was concluded that 
corrected drag values would not constitute a necessarily closer 
approximation to true wing-alone data than do the uncorrected results. 
More important, it was found that consistent inclusion or omission of 
any or all of the corrections does not a1 ter in any way the general 
conclusions of the investigation. The drag data are therefore 
presented uncorrected and must be regarded as qualitative in comparison 
with the theoretical calculations. To be consistent, the lift and 
moment data are likewise presented uncorrected, although it was 
apparent from the detailed study that the corrections to these 
quantities would not be large and could be made with reasonable 
accuracy. 
As a matter of interest, the aerodynamic characteristics of the 
support body tested with a flush filler strip in place of the wing 
are shown in figure 6 for the bodies of both 30 and 110 angle of 
incidence. For comparison with the characteristics of the combina-
tions, the coeffiCients are referred to the geometry of the wing plan 
form (see Results and Discussion); the moments are here taken about 
the transverse axis indicated in figure 3. The failure of the curves 
for the two bodies to join is caused by the differences in geometry 
just foyvrard of the base . The lift on the body alone is relatively 
small; but, as can be seen by comparison with later results, the 
minimum drag is equal in certain cases to a third of the drag of the 
wind-body combination. The moment taken ab6ut the body reference 
axis is small. "!hen referred to the position of the axes for the 
wings (fig. 3), it is negligible for the 30 body and very small for 
the 110 body. 
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It should not be assumeu 'timt direct subtraction of the aero-
dynamic coefficients for the body alone from those for the wing-body 
combinations will give an accurate approximation of what would be 
obtained if a wing could be tested alone. The detailed study of the 
problem indicates~ in fact~ that in the present case such a procedure 
would lead to overcorrection of the results. In reference 13 the 
reverse ~rocess of adding the results from individual tests of two 
wings of aspect ratio 4 and several relatively large bodies was 
found to give lift and drag curves in reasonable agreement with those 
obtai ned by tests of the wing-body combinations. This result may~ 
however~ be peculiar to wings and bodies of the general type considered 
in that Invsstigation and is not necessarily applicable to the config-
urations of the present study. The reasons behind this are di scussed 
under General Remarks near the end of the report. 
Interference of balance cap.- Independent tests of the effect 
of e. 1"eA.r support upon the drae of bodies of revolution (referenc:e It~ ) 
indicate that for a body without boattailing the interference effect 
of the support is confined to the base of the body. It therefore 
appears reasonable to assume in the present tests that the intel'-
ference of the balance cap is not appreciable except with regard to 
its effect on the pressure on the base of the support body. This 
latter effect may~ however~ differ for the various wings as the 
result of differ ences in the ,.,ake from the w1.ng and the wing-body 
juncture. In or der to make the results comparable in this regard~ 
the base pressure was measured in each test and the drag data 
corrected to a common base pressure equal to the static pressure of 
the free stream. 
Stream angle.- A correction of always less than ±O.15° has been 
applied to the measured angles of attack to account for differences 
in stream angle at the positions occupied by a model at different 
nominal angular settings. This condition 'fas noted when the 
uncorrected Tesults for tests of the sruoo airfoil at two longitudinal 
stations in the test section disagreed by approximately 11 percent 
with regard to the slope of the lift curve. Application of the 
stre~le cOl~'ections~ which were obtained by measurements of 
the pressure di fference oetween two sides of a calibrated wedge~ 
brought the slopes into agreement . 
The strea.m--a."1gle correction ,ms found necessary subsequent to 
the tests of reference 13. For comparison with the results of the 
present tests ~ the slope of the lift CUl~es in reference 13 should 
be reduced by 5 percent at the Reynol ds number of the present report. 
The absolute value of the lift coefficient at an illlgle of attack of 
+30 remains unchanged, since at this angle the model is at the 
tunnel center line 'fhere the stream angle is zero. 
CONFIJ)ENTIAL 
L 
12 CONFIDENTIAL NACA RN No. A7I10 
Drag corrections for the longitudinal gradient in the stream 
were calculated on the same basis as in reference 14 and found to 
be negligible. 
Altered geometry of lllodified wings.- The modification of wing 
SBT-l by rounding the leading edge was accompanied by a small change 
in the plan form. The aerodynamic coefficients for the modified 
wing were computed in each case on the basis of the true geomet~ic 
properties of the altered plan form. The modification also entailed 
a small unavoidable increase in the thickness ratio of the wing 
section. TIlis iucrease in thickness ratio results in an increase in 
the pressure drag which is not properly attributable to the leading 
edge rounding as such. To correct for this effect the measured drag 
of the modified wing was adjusted back to the original thickness 
ratio of 5 percent by subtracting :from the measured drag coefficients 
a small correction 
=Cnt (1) 
Here CUt is the theoretical drag due to thickness for the original 
wing, and the subscripts r and a refer to the real and adjusted 
thiclmess ratios for the modified wing. This assumes that for the 
thickness distribution of the modified wing the pressure drag is 
proportional to the square of the thickness ratio, and that the 
constant of proportionality has the same theoretical value as for the 
thickness distribution of the original wing. Remaining differences 
between the drag of the original and modified wings are then reasonably 
attributable to the change in thickness distribution itself; that is, 
to the leading-edge rounding. The resulting correction, while 
significant for later wings in the general investigation, amounts 
to only 1 percent of the measured minimum drag for wing SBT-I. 
Precision 
Tile precision of the experimental data has been evaluated by 
estimating the uncertainty involved in the determination of each 
item which affects the results. The uncertainty of the final results 
is then taken as the square root of the sum of the squares of the 
individual values. A detailed account of this evaluation is given 
in Appendix A. The following table lists the final uncertainty for 
two values of the lift coefficient: 
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Quantity 
Uncertainty 
for Or, = 0 
Uncertainty 
for Or, = 0.4 
Lift coefficient ±0.002 ±0.005 
Drag coefficient ± .0004 ± .0016 
Pitching-moment coefficient ± .002 ± .011 
Angle of attack ± .110 
TIle uncertainty for the lift-drag ratio is ±0.24 for values in the 
vicinity of the maximum. The estimated uncertainty in the lvlach 
number is ±0.01 and in the Reynolds number ±O.Ol miilion. 
The magnitude of the experimental scatter characteristic of the 
investigation is indicated in several of the figures (e.g., figs 9(c) 
and 10(b)) which include the results of check runs made at wide 
i ntervals of time by different operating personnel. The accuracy 
of the present results is in general superior to that of the wing 
data of reference 13 for the same level of tunnel pressure. No 
comparison should be nade between the moment data of the present 
report and those of reference 13, since the latter results are now 
known to be unreliable as the result of defects in the balance. 
THEORETICAL CALCULATIONS 
The theoretical characteristics of most of the wings of the 
general investigation have been calculated using the linear theory 
of supersonic flow. As a basis for the detailed computations of this 
and later papers, a preliminary review of the general results of the 
theory is advantageous. 
General Considerations 
To the order of accuracy of the linear theory, a given cambered 
wing at angle of attack may be treated, so to speak, as the sum of 
three component wings all of the same plan form as the given wing 
but differing in airfoil section. This procedure can be illustrated 
as follows: 
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The given wing at angle of attack 
equals 
(l) an uncambered wing of the 
s~ thickness distribution as 
the given wing and at zero angle 
of attack, 
plus 
(2 ) a cambered surface of the same 
contour as the mean surface of the 
given wing and at zero angle of 
attack, 
plus 
(3) a flat lifting surface at 
the angle of attack of the given 
wing. 
It is convenient to denote the theoretical pressure distributions for 
the three component wings as the pressure distributions due to thick-
ness, camber, and angle of attack, respectively. The pressure distri-
bution for the complete wing is the sum of the pressure distributions 
for the component wings. . 
On this basis, the equation for the 11ft curve of the complete 
wing can be wr1 tten 
(2) 
The lift-curve slope (dCL/da) is determdned completely by the plan 
form of the flat lifting surface; the lift at zero angle C~=O 
depends on the plan form and contour of the cambered surface. The 
angle of zero lift ~=O is likewise a function of both plan form and 
camber. 
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The e~uation for the curve of moment versus lift can be written 
Cm + (dCm ) CL dCL 
where 
(4) 
Here, as before, the slope of the curve (dCm/dCL) depends solely on the plan form. It is numerically e~ual to the distance (taken positive toward the leading edge) from the DlOment axis to the aerodynamic center expressed in terms of the mean aerodynamic cho~. The moment at zero angle Cma=O and hence also the moment at zero 11ft Cmr,=O depend on both the plan form and camber. 
To derive a drag curve which includes the effects of friction, it is assumed that the viscous forces may be introduced without 
altering the pressure distribution given by the linear theory. It is then convenient to divide the total drag obtained by integration of the pressure and viscous forces over the complete wing into six components according to the e~uation 
The friction drag coefficient CDf is assumed to be independ-ent of the angle of attack. For the uncambered wings of the present report its value at zero angle was estimated from the e~uation 
CDf = 2 [Cft urb - ~~ron. (C' fturb - C' flam) ] 
This assumes that the characteristics of the boundary layer after transition are the same as if it were turbulent the entire distance 
up to the transition point. 
The terms CDt, CDcc, and CDaa are the contributions to the pressure drag of the three component pressure fields each acting on its own elementary wing. The first two are independent of angle of attack. The term CDac represents the drag of the elementary flat wing due to the pressure field of the cambered surface, and CDca is the reciprocal effect upon the cambered wing of the pressure field of the flat surface. In general, the integrations for the four components of pressure drag associated with the lifting surfaces will involve singularities in the pressure distribution and the elope of the streamlines at the leading edge, and care must be taken to 
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evaluate the proper leading-edge suction for each component. 
For most of the wings of the general study, the leading-edge 
suction may be disregarded and the drag e~uation can be written 
CD :: CDf + CDt + CDcc + a.Cr.a + a. ·]La.=O + a. (dC::a) (6 ) 
The expression (dCDca/da.) is a constant for any given wing. It is 
found by evaluating the drag, exclusive of the effects of leading-
edge suction .. for the elementary cambered wing when subjected to the 
pressure field which exists on the flat lifting surface at unit angle 
of attack. Using the notation CDi=(Cn-CPmin) and 6CL=(CL-CLD=min), 
e~uation (6) can be transformed, with the aid of e~uation (2), to 
the form 
where the various ~uantities are given by 
1 
4(dCL/do.) 
1 
the relations 
[ (
dCDca \ l2 
CLa.=O + ) 1 do. , J (8) 
(10) 
For the wings of the present paper, the effect of leading-edge 
auction is of interest. For the wings of zero camber, this effec t 
can be included by simple modification of the f9regoing equations. 
In this case, all ~uantities of e~uation (10) become zero, the last 
term of e~uation (8) disappears, and e~uation (9) for the drag-rise 
factor may be replaced by . 
ka 
- ----
(dCL/do.) 
(ll ) 
where ka defines the rearward inclination of the force on the flat 
lifting surface as a .fraction of the angle of attack, that is, 
(12) 
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The theoretical ~alue of ka depends only on the geometric 
chn~acteristics of the flat lifting surface. For any lifting surface 
with a supersonic leading edge the pressures at the leading edge are 
fin1te~ the resultant force on the wing is normal to the surface~ and 
ka has a value of unity.~ For a wing with a subsonic leading edge~ 
linear supersonic theory indicates infinite suction pressures at this 
edge just as in purely subsonic flow. This leading-edge suction 
exerts a finite component of force on the wing in the direction of 
motion~ thus causing the resultant force to be inclined somewhat 
forward of the normal to the lifting surface. The theoretical value 
of ka in any given case ia determined by the plan form of the wirig 
in relation to the accompanying pattern of Mach lines. 
For the uncambered swept-back wings of the present report~ 
existing analytical results are sufficient for a rigorous determina-
tion of the pertinent terms in the foregOing equations for the lift~ 
moment~ and drag curves. For the corresponding swept-forward wings 
it is necessary to employ certain approximations as outlined in 
Appendix B. Where advantageoU8~ detailed pressure distributions have 
also been calculated for correlation with the experimental results. 
For the cambered wings the computation of the complete theoretical 
characteristics was not attempted. The methods used for specific 
wings are described briefly in the following paragraphs. 
Swept-back Triangles 
The pressure distribution due to angle of attack for the swept-
back plan form was computed from the equations of Stewart 
(reference 6). The resulting lift distribution is shown in the 
upper portion of figul~ 7. For use in equation (2)~ the lift-curve 
slope corresponding to this lift distribution is given by Stewart 
(in radian measure) as 
where E is the complete elliptic integral of the second kind for 
~A leading or trailing edge is described as "subsonic" or "supersonic" 
depending on whether the component .of fre&-etream velocity normal to 
the edge is subsonic or supersonic - or~ in other words~ whether the 
local angle of sweep is greater or less than the sweep angle of the 
1-1ach cone. The terms are equally useful to describe the ridge line. 
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the argument ~l~). Since according to theory the aerodynamic 
center coincides with the centroid of area for the swept-back plan 
form, the value of (dCm/dCl.) in equation (3) is zero for the swept-
back wings. 
~ne pressure distributions due to thiclcoess for wings SBT-l and 
SBT-2 were calculated by the method of Jones (reference 16 ). For 
these computations, the conical pressure field due to a pair of semi-
infinite "pressure sources" at the leading edge was superposed on the 
conical field due to a pair of semi-infinite "pressure sinks" at the 
ridge line. The resulting :pressure field, which is nonconical in 
nature, will be described in detail later in the paper. The values of 
CDt corresponding to these pressure distributions were taken from the 
graphical results of Puckett (reference 12). 
The value of ka require d in equz tion (11) for the evaluation 
of the drag-rise factor for the uncambered wi ngs was taken as unity 
for those computations in which no leading-edge sucti on was assumed . 
For the computations in which the full theoretica l suction was 
included, ka was computed from the equat i on 
ke.-l-,g;::il 
2E 
(14) 
which is readily derived from the results of reference 8, 10, or 11. 
Swept-forward Triangles 
The pressure distribution due to angle of attack for the swept-
forward plan form was computed as described in Appendix B. The 
resulting lift distribution is shown in the lower portion of figure 7, 
The negative lift which theory predicts behind the points of int er-
section of each trailing edge and ' the Mach line from the opposite 
tip i s appar ent. Since it tS'not possible with existing theory to 
compute the pressures in the area aft of the first disturbance 
reflected from these intersections, the lift is not indicated in this 
region. If it 1s asslmred that the lift in this region ha s the value 
(indicated by the dotted outline ) t hat it would have if the reflec-
tions had no effect) the lift distribut i on can be integrated as i n 
Appendix B to obtain for the lift-curve slope i n equation (2 ) the 
approximate r el ation 
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(15 ) 
For the present plan form and Mach number the value Galculated from 
this equation fo! the swept-forward case is essentially equal to 
that calculated for the swept-back triangle from equation (13). 
This interesting result is discussed in Appendix B. The slope of 
the mozoont curve for use in equation (3) can be similarly approximated 
as 
dCm 
-=1 dct. 
r 51-m)./2m/l+m l LJ 8m/l+m - 1 J 
This result is readily derived f'rom equation (laB) of Appendix B. 
The pressure distributions due to thickness for wings SFT-l and 
SFT-2 were again calculated by the method of reference 16. The 
necessary sourcs-sink pattern is shown in figure 8; th~ r~sults are 
described in the later discussion. By virtue of von Karman's 
independence theorem (reference 10), the values of Cot correspond-
ing to the calculated pressure distributions are identical with those 
obtained from Puckett' s results for the same wing model in the swept-
back attitude. This fact was confirmed by independent integration of 
the pressure distributions. 
For the uncambered swept-forward triangles, the value of ka in 
equation (11) for the drag-rise factor must be taken as unity 1n view 
of the supersonic leading edge of these wings. 
RESULTS AND DISCUSSION 
The results of the forye tests are presented in the usual form 
of lift, drag, and pitching-moment coefficients. The coefficients 
are referred to the plan-form area of the wings, including the portion 
of the plan form enclosed by the support body. Moments are taken 
about the centroid of the plan form with the mean aerodynamic chord 
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as the reference length. (For a triangular wing, the mean aer~ 
dynamic chord, as defined in the section on Symbols~ is equal to 
tw~thirds of the root chord.) All of the data presented are for 
a test Mach number of 1.53 and a Reynolds number of 0.75 million 
based on the lOOan geometric chord of the .,ing. 
The measured characteristics of the swept-back triangles~ 
including the results for wing SBT-3 through the high-angle ra.nge~ 
are given in figure 9; the characteristics of the swept-forward 
triangles are presented in figure 10. In all cases, the experi-
lOOntal data of these figures are for wings with a sharp leading 
edge and a distinct ridge line. (It should be noted that the scale 
of drag coefficient for the high-angle teet of wing SBT-3 (fig. 9(d)) 
is one-half of that in the other plots.) For the uncambered wings, 
theoretical CUl~es obtained as described in the preceding section 
are included in figures 9 and 10. The theoretical drag curves shown 
here are for pressure drag only and assume no leading-edge suction. 
The data of figures 9 and 10 are also summarized in tabular form 
in t able I. In each instance, the value determined from the faired 
experimental curve is given first and the corresponding theoretical 
value indicated in parentheses directly below. 
The results of one test of wing SBT-l with the l eading edge 
rOWlded (in this case to a radius of 0.25 percent of the chord ) 
are given in figure 11. In this case the calculated pressure drag 
is shown for both zero leading-edge suction and the full theoretical 
value. Since the single test of wing SBT-l with the ridge rounded 
revealed no effect of this !nodification on any of the aerodynamic 
charact8ristica, the resul-t.8 f()~~ t his case are not included. 
In the discussion of the results, it is convenient to consider 
first the lift and pitching moment for all of the wings~ since these 
characteristics depend primarily on t he distribution of normal 
pressure over the surface. The consideration of (:'rag end lift .. ~.1r9.g 
ratio, which depend equally upon the frictional forces, will be 
taken up later. 
Lift and Pi tclling Moment 
It 1s ap:pa.rent from figures 9 and 10 that the experimental 
lift curveS for all the wings are linear wlthin the range tested and 
that the pi t ching--m.oment curves, except for wing SFT-l, are very 
nearly so. The experimental data given in table I are thus 
sufficient in most cases to define completely the 11ft and moment 
characteristics . 
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Lift.- It follows fron the pr evious consideration of equations 
(2), (13), and (15) th.-'l.t the lift-curve slope predicted by the linear 
theory is essentially the same for all of the wings tested, regardless 
of the thickness distribution, camber, or direction of mfeep . The 
experimental values of table I confirm this conclusion very closely 
insofar as the effects of thickness and camber are concerned for a 
given direction of sweep. They do, however, reveal a general secondary 
difference in slope between the swept-back and swept-forward series 
of wings. 
For the swept-back series the agc~e.tllent be tween the experimental 
values of the lift-curve slope for the three wings is remarkable. 
The maximum deviation from the average value for the series is only 
±ltpercent, which is within the limi ts of accuracy possible in the 
fairing of the experimental data. For the swept-forward series the 
over-all spread in the experimental slope is somewhat greater, the 
value for wing SFT-2 being 7 percent les6 than the com~on value 
obtained for wings S?l'-l and S?l'-3. In general, however, t he . 
principle of the linear theory that for a given plan fornl the effect 
of angle of attack can be separated from the effects of thi"cknesB 
and camber is reasonably well substantiated. 
Th9 general difference in slope between the swept-back and 
swept-forward families of wings is small but definite, the average 
experimental slope for the swept-back wings being some 10 percent 
less tha..l1 the theoretical , while that for the swept-forward wings 
agrees with theory almost exactly. Although the precise values of 
the experimental slope are subject to some question as the result of 
support-body interference , the systematic difference between the two 
families may be a consequence of the different character of the lift 
distributions as previously illustrated in figure 7. Although the 
resultant pressure distribution over the surface of the complete 
wIng at any angle depends upon both the pressure distri butions due 
to thickness and camber and the lift distribution due to angle of 
attack, it is apparent from the nature of the lift distributions 
alone that for a given angle of attack the chordwise pressure 
gradients on the upper surface of the wings are likely to be more 
adverse for the swept-back than for the swept-forward plan form. 
This may result l n greater thickening or separation of the boundary 
layer near the trailing edge on the swept-back wings and consequently 
greater reduction in the measured lift b~low that predicted by an 
invi scid theory. (In comparing these results with those of reference 
13, where the experimental lift-curve slope for an unswept wing was 
given as 4 percent greater than theory, it should be remembered, as 
pointed out under Analysis of Data that the slopes in that reference 
are known to be too high by 5 percent at the present Reynolds number.) 
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For the one test o£ wing SBT-3 at higher angles~ the results of 
figure 9(d) indicate a constant slope of the lift curve up to an 
angle of 150 and a lift coefficient of 0. 6. The same result would be 
expected for the other swept-back wings and probably for the swept-
forward wings as well. The small displacement between the two 
portions of the lift curve in figure 9(d) is probably due to the 
difference in afterbody geometry for the bodies of 30 and 110 inci-
dence, although the displacement apparent here is about twice that 
noted for the bodies alone in figure 6. 
As to the angle of zero lift, this quantity vas found for all 
of the uncambered wings to be zero within the narrow limits of ±O.lo. 
This provides a valuable indication of the accuracy of the test methods 
with regard to the determination of angle of attack. 
For the cambered, swept-forward wing (SFT-3) the measured angle 
of zero 11ft is +0.20 • No comparative theoretical value has been 
calculated, but it is to be expected that such a calculation would 
give an angle of zero lift other than zero - in contrast to the 
linear two-dimensional theory of airfoils at supersonic speeds, 
which predicts zero lift at zero angle regardless of camber. At 
present it can be noted only that the experimental angle of zero 
lift is of t he same sign as the value of +0.360 predicted at 
MQ;1.53 by the Busemann second-order theory (reference 17) for a 
two-dimensional airfoil of the same section as wing SFT-3. This is 
reasonable, since the large portion of wing SFT-3 ahead of the 
region of influence from the tips must experience the same pressures 
as a two-dimensional airfoil of the same section. 
For the cambered, swept-back wing (SBT-3) the angle of zero 
li£t is o£ opposite sign, having a value of -0.80 • The effect of 
camber for the swept-back triangle is thus to displace the lift-
curve in the same direction as for a positively cambered airfOil at 
subsonic speeds. In the subsonic case the influence of the airfoil 
is propagated an infini te distance forward, resul tin..g at zero angle 
of attack in an upflow at the leading edge and a positive 11ft. 
That the same result is observed experimentally for win.g SB'l'-3 
at supersonic speed :Unpl:1es that the s i mila,r upflow indicated by 
supersonic theory between the leading edge and the Mach cone from 
the apex of the wing does in fact take place. This point has 
bearing upon the later discussion of the drag due to angle of 
attack. 
Pitching moment.- As with the lift curve, the slope of the 
linear mOJrent curve defined by equation (3) is independent of th1ck-
ness distribution and camber. Contrary to the situation with lift, 
however, it does depend markedly upon the direction of sweep. 
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For the swept-back triangles of uncambered section, the theory, 
as previously ip~icated, predicts zero moment at all values of the 
Ijft coefficient. The experimental moment data for wings SBT-l and 
SB1~ (figs. 9(a) and 9(b») are for all practical purposes in agree-
ment with this result, a confirmation previously reported for trian-
gular wings of varying aspect ratio in reference 5. Upon close 
examination the present results do show a very slight but reproducible 
nonlinearity in the data, indicating a progressively forward shift 
of the aerodynamic center with increasing lift. This may be due to 
eecond-order preSSUl:a effects, to the influence of viscosity, or, to 
the interference of the support body. 
Although the theoretical magnitude of the camber effect has not 
been determined, it is to be expected from equations (3) and (4) that 
the addition of camber in wing SBT-3 will cause a vertical displace-
ment of the theoretical moment curve without any change from the 
original slope. The experimental results for wing SBT-3 are in 
essential agreement with this prediction, indicating a negative 
moment at zero lift and the same slope characteristics as for the 
uncambered swept-back wings. As is apparent from figure 9(d), the 
slight positive slope of the moment curve at positive lift is 
unaltered up to a lift coefficient of 0.6. 
For the swept-forward triangles, equation (16) indicates a 
common moment-curve slope of 0.160, which is equivalent to a position 
of the aerodynamic center 10.7 percent of the root chord. forward. of 
the centroid of area. As seen in table I, the experimental slopes 
for the swept-for~'d wings are in every instance greater than the 
common theoretical value, the average of the slopes for the three 
wings being equivalent to an aerodynamic-center position 15.3 
percent forward of the centroid. Since the theoretical position of 
the aerodynamic center may itself be somewhat too far fOrYlard as 
the result of special approximations involved in the calculations 
for the swept-forward plan form (see Appendix B), the disparity 
between experiment and a precise linear theory would be still greater. 
This dis!3-greeImnt between experiment and theory is probably due to a 
combination of effects not considered in the inviscid linear theory. 
For two-dimensional airfoil sections having the same profiles as the 
present wings, the second-order effect of airfoil thickness 
(reference 17) is to increase the theoretical moment-curve slope from 
the value of zero given by linear theory to a positive value of 0.032. 
This effect is, for any double-wedge section and given Yach number, a 
function of the thickness ratio only and is independent of thickness . 
distribution and camber. Since, as previously pointed out, the 
portions of the swept-forward wings ahead of the region of influence 
from the tips must experience the same pressures as a two-dimensional 
airfoil of the sa~ section, the second-order effects of thickness 
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would be expected to cause a similar increase in the theoretical 
slope for these sweptr-forward wings. If it is assumed that the 
second-order effects of thickness and the first-order effects of 
plan form may be superposed, the resulting theoretical moment-curve 
slope for the wings becomes 0.192. Although such superposition is 
not strictly admissible, the fact that this approximate second-order 
value still falls below the average experimental slope of 0.230 for 
the three wings suggests the possibility of additional increase as 
the result of viscous effects. This condition, which has previously 
been noted in two-dimensional supersonic tests of a double-wedge 
airfoil by Hilton and Pruden (reference 18), is consistent with wllat 
might be expected fram separation of the boundary layer on the low-
pressure surface near the trailing edge, such as has been observed 
in the two-dimensional case by Ferri (reference 19). 
It is interesting to note that the condition which is observed 
both here and in the previous two-dimensional supersonic investiga-
tions is essentially different from that which occurs in tests of 
airfoils at subsonic speeds. In the lo~peed subsonic case, the 
second-order effect of airfoil thickness is to displace the aero-
dynamic center slightly to the rear (i.e., decrease the moment-curve 
slope as referred to the mid-chord station) while the effect of 
viscosity is to return it forward. The net result is that the 
experimentally determined positions agree well with the quarter-
chord location indicated by the first-order theory. Some such condi-
tion as this may account for the suspiciously perfect agreement 
previously noted for the swept-back triangles. 
On the swept-forward plan form, the effect of the addition of 
camber in wing SFT-3 is, as in the case of the swept-back triangle, 
to cause a negative moment at zero lift, the value of the coefficient 
being -0.030. For comparison it can be noted that the corresponding 
moment coefficient for the wing section is given as -0.044 by the 
linear two-dimensional theory of airfoils at supersonic speed. 
To summarize the situation with regard to lift and pitching 
moment, the results for the present triangular winge indicate that 
the relationship between experiment and the linear theory is here 
much the same as that which has been found in other wing problems 
to which the linear theory 1s applicable. With regard to I1ft-cul've 
slope, experiment and theory agree within limits which are cOIlIpm'able 
to those r,olllmonly obtai ned at subsonic speeds. 'vi th regard to 
m~~nt-curve slope, the agreement i s in general less good, experiment 
indicating for the swept-forward triangles slopes noticeably greater 
than those predicted by theory. This is in agreement with what has 
been observed for two-di mensional airfoi ls at supersonic speed, and 
is probably due to second-order presslll'8 effects and to the effects 
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of viscosity. For those quantities for which no calculation was 
attempted, that is, the angle and moment at zero lift for the 
cambered wings, the experimental results are in gyalitative agree-
ment with the superposition principle of the linear theory and with 
what is known of the nature of the flow fields. 
It should also be noted (fig. 11) that the test of wing SBT-l 
with leading edge rounded to a radius of 0.25 percent of the chord, 
which is comparable to that of an NAeA low-drag section of the same 
thickness ratiO, shows no effect of this modification upon the lift 
and pitchi~oment characteristics. The same result was found for 
the larger leading-edge radii tested. (See discussion of drag due 
to angle of attack.) As previously indicated, rounding of the ridge 
line likewise had no effect upon the lift and moment. 
Drag and Lift-Drag Ratio 
Table I at the end of the report also summarizes tpe experi-
mental results presented in figures 9 and 10 with regard to the drag 
and lift-drag ratio of the sharp-edged wings. The comparable theo-
retical values are all computed by consideration of the pressure 
drag alone and on the assumption of zero leading-edge sucti on. The 
evaluation of the experimental values for CDi/(DCL)2 and ka will 
be explained later. 
Minimum drag.- Although the precise experimental values of tne 
minimum drag are open to some question because of the effects of 
support-body ~.nterference, two important quali tative results are 
evident in the data. First, moving the chordw:1.se position of IllEiXlm.u"1 
thickness for the swept-back triangles forward fiom the 50-percent 
station (wing SBT~) to the 20-percent etation (wing SET-I) 
apparently did not reduce the total drag by the amount that considera-
tion of the pressure drag alone would indicate. The effect was, in 
fact, to increase the drag very slightly. Second, for a given wing 
mdael the measured minimum drag was to a first approximation independ-
ent of the direction of motion. 
When it was first noted that forward displacement of the maximum 
thiclmess failed to provide the expected reduction in minimum drag, 
the experimental data were suspected of being in error. Repeated 
tests, however, gave identical values. It was next thought that the 
tare and interference effects of the support body might explain the 
result; however, it was difficult upon further consideration to see 
how such effects could account for the large difference in the 
increments by which the observed total drag exceeds the theoretical 
pressure drag for the two wings in question. The key to a possible 
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explanation was finally suppliod by consideration of the friction 
drag for the two wings as illustrated in figure 12 (a ). Here the drag 
data for wings Sl3T-l and SB'l'-2 are plotted to an enlarged scale, 
together with theoretical curves of pressure drag and total drag for 
the t,w wings. The curves of totnl drag are shown for three assump-
tions regarding the flow in the boundary l ayer : (1) all laminar 
flow; (2) all turbulent flowj and (3) combined laminar and turbulent 
flow as indicated by the results of the liquid-film tests to be 
described later. For wing SET-l, the experimental points are seen 
to lie always on or above the th~oretical curve for all turbulent 
flow; for wing SBT~ they lie approximately midway between the curves 
for all laminar and all turbulent flm,_ This condition suggested 
that the observed failure of wine S:BT-l to have the lower minimum 
drag might be due to a relatively greater extent of turbulent boundary 
layer on this wing, a possjbility which was corroborated by considera-
tion of the areas of adverse gradient in the theoretical pressure 
distributions for the two vri:t"lCs. 
To check this hypothet,is , Grey's liquid-film method for the 
indication of transition was adapted for use in a supersonic stream 
as previously descri bed . The results of tests by this method of the 
two swept-back "Tings at zero angle of attack are shown in the 
photographs of figure 13 . The area of lrurJ.nar flow, which appears 
as the greyish area in the photographs, 1s considerably more 
extensive on wing SBT~ (fig. 13(b)) than on wing SBT-l (fig. 13 (a) ) . 
This result, which confirms the original hypotheSiS, was repeated 
many times in the course of the numerous runs necessary to work out 
the technique ror the tests. The photographs shown in these figures 
(and in the later figures for wings SFT-l and SFT-2) represent the 
best which were obtained from t he standpoint of photographic clarity. 
The physical explanation for the observed result is to be found 
in figures l4(a) and (b), in which photographs of the transition 
pattern for wings SBT-l and SBT-2 are combined with a three~imensional 
phantom representation of the theoretical pressure distribution at 
zero angle of attack. 2 For clarity, the pressure distributions are 
2Since it was not decided until late in the investigation to photograph 
all of the wings from the same vantage point for these composite 
pictures, it was not al",ays possi ble to use the best photograph of a 
given wing for this pt~pose. Thus the secondary details of the transi-
tion pattern, "Thich differed sli&~tly from run to run depending on the 
thickness of the liquid coating and the duration of the test~ may not 
be the same in the composite pictures as in the previous photographs 
of the wings alone. 
Because of difficulties in reproduction, the photographs of the 
transition patterns in the composite pictures have been retouched 
slightly to preserve essential detail. The photographs of the wings 
alone are in all cases as originally taken. 
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shown in figure 14 for only one-half of the wing - in this case, the 
far half. The distributions for the upper and lower surfaces are, 
of course, identical. The pressures are plotted in coefficient form 
from a base plane parallel to the center plane of the wing, positive 
coefficients be~ng plotted downward and negative coefficients upward. 
To facilitate visual projection to the airfoil and to make directly 
visible certain surfaces which would otherwise be covered, the 
positive and negative portions of the pl~ssure distribution are 
shown separated with the transition picture between. It is not 
intended to imply by this separation that the two portions correspond 
to opposite surfaces of the wing. The infinite positive and negative 
pressures shown at certain points are, of course, fictions resulting 
from the assumptions of the linear theory. In actuality, the 
absolute values of the pressure at these locations would be large 
but finite. 
Important differences between the pressure distributions for 
the two wings are apparent. On wing SBT-l, which has a subsonic 
rides line, the pressure at any given spanwise station falls rapidly 
from an indeterminately large positive value at the leading edge to an 
indeterminately lares negative value at the ridge line. Over the 
entire area aft of the ridge line the pressure rises, first abruptly 
and then less rapidly, to a finite negative value at the trailing edge. 
The flow over the ridge thus has the essential character of subsonic 
flow around a corner, and the entire after portion of the airfoil is 
subjected to a pressure gradient which is adverse with regard to the 
flow in the boundary layer. On wing SBT-2, which has a supersonic 
ridge line, the pressure falls from an indeterminately large positive 
value at the leading edge to a finite positlve value at t he ridge. 
Over the ridge the pressure jumps discontinuously to a large but finite 
negative value in the manner of supersonic flow aro\U~d a corner, and 
then remains essentially constant until the flow reaches the disturbance 
originating from the ridge line at the root section. Aft of this Mach 
line the pressure rises, but less rapidly than on wing SBT-l, to a 
finite negative value at the trailing edge. Thus wing SBT-l exhibits 
a much greater pressure recovery over the area aft of the ridge line 
than does wing SBT-2. ThiS, together with the region of negative 
pressure ahead of the ridge on wing SBT-l, is the reason for this 
relatively smaller pressure drag of the wing. By the same token, 
however, wing SBT-l has a relativel y greater surface area subjected 
to an adverse pressure gradient. 
Although not perfect, the correlation between the tTpe of 
boundary-layer flow and the sign of the theoretical pressure gradient 
is striking, particularly on wing SBT-2 where the beginning of the 
severe adverse gradient does not coincide with the ridge line. On 
both wings the turbulent area appears actually to start a short 
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distance aft of the theoretical beginning of the adverse gradient, 
but the general correspondence between the areas of theoretically 
adverse gradient and the areas of turbulent boundary-layer flow is 
apparent. 
For calculation of the theoretical curves for combined laminar 
and. turbulent flow in figure l2(a), the areas of turbulent flow were 
estimated from the photographs of figure 13 to constitute 65 and 20 
percent of the total wiIl8 surface on wings SBT-l and SBT-2, 
respectively. On the basis of these curves, moving the chordwise 
position of maximum thickness forward from the 50-percent to the 
20-percent station would at the present Reynolds number result in a 
decrease of only 0.0012 in minimum. total drag as compared with the 
decrease of 0.0037 indicated on the basis of the pressure drag alone. 
The experimental results for the wing and support body indicate an 
actual increase of 0.0010. Because of the effects of support.-body 
interference, a decisive compariaon between the theoretical and 
experimental values is not possible; however, the evidence of the 
transition pictures leaves little doubt as to the primary reason 
why forward displacement of maximum thickness failed to result in 
the gains in min1mum drag predicted by the inviscid theory. 
Comparative plots of the experimental and theoretical drag 
results for the uncambered swept-forward triangles are presented 
in figure 12(b), including again a theoretical curve of total drag 
based on the results of the liquid-film tests. The experimental 
vaJ.ue of minimum drag coefficient for wing SF'l'-1 in combination with 
the support body shows a reduction of 0.0015 relative to that for 
wing sn'-2. This is in contrast with the reduction of 0.0037 
indicated by the .theoretical values of pressure drag for the wings 
alone. Thus for the swept-forward wings the displacement in position 
of mex1nnun thickness, i n this instance from the midchord toward the 
trailing edge, did result in a mna..ll. experimental gain in minimum 
drag, but only about one-half of that predicted by the inviscid 
theory. 
The results of liquid-film tests for wings SFT-l and SFT-2 
at zero angle are shown in figures l5(a) and (b). On both wings a 
small region of turbulent flow of about the same area appears just 
ahead of the trailing edge. Fan-ahaped regions of turbulent flow 
originating at small imperfections in the leading edge are apparent 
over the otherwise laminar areas on both wings. 
CompOSite pictures of the transition pattern for these wings and 
a three-dimensional representation of the calculated pressure distri-
bution are shown in f'igures l6(a) and (b). Here the pressures are 
shown for the near half of the wing. Again characteristic differences 
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appear in the pressure distributions. On wing 8FT-l, which has its 
ridge line swept behind the Mach line from the tip, the pressure is 
constant at atmoderate positive value over the area from the leading 
edge back to the Mach line. Aft of this position the pressure falls 
rapidly to an indeterminately large negative value at the ridge line 
and then rises to a correspondingly large positive value at the 
trailing edge. The flow over ~ behind the ridge thus exhibits the 
type of theoretical pressure recovery characteristic of an airfoil of 
the same section in subsonic flow. On wIng SFT-2, the pressure is 
constant in the area between the leading edge and the ridge line, 
although at a higher positive value than on the previous wIng. At 
the ridge line, which is now swept ahead of the Mach cone, the 
pressure jumps discontinuously to a negative value and then remains 
essentially constant back to the Mach line from the tip" Aft of this 
position the pressure rises continuously to an indeterminately large 
value at the trailing edge, except in the vicinity of the trailing 
apex of the wing where the disturbance from the intersecting ridge 
lines causes a reversal in the pressure gradient over a localized 
area. Again the reason for the relative decrease in theoretical 
pressure drag caused by re8-~d displacement of the maximum thick-
ness is apparent from a comparison of the pressure distributions for 
the two wings. Contrary to the condition observed with forward dis-
placement of the maximum thickness on the swept-back triangles, this 
reduction in pressure drag is accompanied now by a decrease in the 
area of the wing exposed to a theoretically adverse pressure gradient. 
The average intensity of the adverse gradient, however, is increased. 
The liquid-film patterns of figures 15 and 16 indicate that here, 
as on the swept-back triangles, transition does not occur until some 
distance aft of the beginning of the theoretically adverse gradient. 
In this case, however, the areas of turbulent flow are, as previously 
noted, equal for the two wings. The actual values of the friction 
drag are therefore probably about equal, and the measured reduction 
in minimum drag for wing 8FT-l as compared with wing 8FT-2 suegests 
that the theoretical gain in pressure drag is being at least 
partially realized. For calculation of the theoretical curves 
for combined laminar and turbulent flow in figure l2(b), the observed 
area of turbulent flow was estimated to constitute 6 percent of the 
wing surface on both wings. The fact that the experimental values 
lie in both cases considerably above the resulting theoretical curve 
in fact, almost coincide with the curve for fully turbulent flow -
suggests the presence of considerable s upport-body interference or 
other unlmow:r.. effects for the swept-forward tria.ng.les. This precludes 
a conclusive comparison with the theory at the present time. 
As is apparent in the results of table I, the measured minimum 
drag for a given wing model was to a first approximation independent 
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of the direction of motion, that is, of whether it was tested as a 
swept-back or swept-forward wing. From a cross comparison of the 
data of figures 12(a) and (b), it is apparent that the smal~ diffe~ 
euees which do appear could be completely accounted for by differences 
in skin friction or support-body interference. The observed result 
may ther~fm;e be taken as reasonable confirmation for wings of this t YI'e 
of von Karman's independence theorem for minimum pressure drag 
(reference 10). One's appreciation of the general theoretical result 
is enhanced by consideration of the pressure distributions of 
figures 14 and 16, which hardly suggest that the pressure drag for 
models T-l or T-2 would be the same irrespective of their direction 
of motion. 
To summarize the discussion thus far with regard to minimum 
drag, it can be said that for the swept-back triangle the theoretical 
decrease in pressure drag due to forward displacement of the maximum 
thickness is attained at the apparent expense of an increased area of 
adverse pressure gradient and hence an increased friction drag. The 
optimum position of maximum thickness from the standpoint of mini~ 
total drag may therefore be one representing a suitable compromise 
between the amount of pressure recovery and the extent of the area 
over which it is attained. For t he swept-forward triangle, the 
decrease in pressure drag which results from rearward displacement of 
the maximum thickness is accompanied by a decrease in the area of 
adverse gradient; that is, the pressure recovery is confined to a 
relatively mr.aller por"tj on of +J~ wing. Thus, the swept-forward 
triangle of lowest pressure drag tends to be a natural laminar-flow 
wing. Whether it would_ in the end have lower minimum total drag than 
the best swept-back triangle would depend upon additional factors, 
such as a probable increase in the tendency toward flow separati on 
over the relatively blunt after portion of the swept-forward wing. 
The effect of the Reynolds number , which is of obvious importance in 
this regard, is discussed further under General Remarks. 
The effect of camber in increasing the observed minimum drag 
is apparent in tabl e I. The first-order theory for airfoil sections 
il"'.d.icates that the cambered section of model T-3 would have twice 
the minimum pressure drag of the uncambered section of model T-2 
in two-dimensional supersonic flow. For the present plan forms, 
which have e i ther a subsonic leading or trailing edge, the effect 
of the same amount of camber on the minimum pressure drag for a 
given plan form is probably somewhat less, since the streamlines of 
the flow over the cambered lifting surface now undergo part of the 
necessary vertical displacement either ahead of or behind the wing. 
Because of the effects of skin friction and support-body interference, 
it is not possible to tell from the experimental res~ts whether this 
supposition is correct. It is interesting to observe that the 
cambered model T-3, like the uncambered models, has essentially the 
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same minimum drag both in the swept-back and swept-forward condition. 
As is apparent from figure 11, rounding the leading e~ of wing 
SB~l to a radius of 0.25 percent of the chord had no effect on the 
minimum drag. As with lift, the same result was found for larger 
leading-edge radii. Rounding of the ridge line, which might be 
expected to decrease the nesative pressure peak at this point and 
perhaps influence transition, similarly had no measurable effect. 
Drag rllile.- The rise in drag as the 11ft coefficient departs 
from the value corresponding to minimum drag 1s determined, as 
indicated in equation (7), by the drag-rise factor CDl/(IXL) 2 • If 
the effects of leading-edge suction may be disresarded, as 1s generally 
assumed for a sha.rp-edged wing, the value of this factor 1s unaffected 
by camber and is given simply by equation (9) as the reciprocal of 
the 11ft,....(:urve slope. Since no leading-edge suction is considered, 
this is true whether the leading edge is supersonic on subsonic. On 
this basis, the computed value of the drag-rise factor for -all of the 
sharp-edged wings of the present paper (see table I) is approximately 
0.40. For comparison, an experimental value for each wing was obtainad 
by evaluating the slope of a straight line faired through the experi-
mental points on a plot of CDi versus (CL-CLD=min)2. (In all cases 
the departure of the individual points from the straight line was 
emaIL, indicating that the experimental drag curves have very nearly 
the parabolic shape shown theoretically by equation (7).' The experi-
mental values for the drag-rise factor in table I _are seen to be 
greater than the common theoretical value for all of the wings except 
SB~lj in this latter case the drag rises less rapidly than the theory 
indicates. These results are also apparent for the uncambered wings 
in the drag plots of figure 12. 
To consider the possible effect of leading-e~ suction for the 
case of an uncambered wing, it is only necessary to modify the exprelr 
sian for the drag-rise factor by the inclusion of the quantity ka 
as indicated in equation ell). This quantity, which is applicable 
in this simple form for the uncambered wings only, defines the rela-
tive inclination of the resultant force due to lift as a fraction of 
the angle of attack. (8ee equation (12).) Experimental values of ka 
for the present uncambered wings have been determined in accordance 
with equation (11) by taking the product of the previously obtained 
drag-rise factor and 11ft-curve slope. The resulting experiment-al. 
values are listed in table I. For consistency with the other 
calculated quantities, the theoretical value of ka is in all cases 
given as unity, the value for zero lead1ng-edge suction. 
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For the swept-forward triangles, which have a supersonic 
leading edge, no leading-edge suction is possible in any event; and, 
if no other effects are present, a value of ka other than unity is 
not to be expected. The fact that the exper1mental values of ka for 
these wings are actually somewhat greater than unity may be due to 
an increase in friction drag wi th increasing angle of attack, or 
possibly to support-body interference. 
For the ewept-back plan form, a value of ka of less than unity 
is theoretically possible in an inviscid f'luid. Actually, wings SB'lL-l 
and SBT-e both exhibit exper1JDental values less than one. In the case 
of wing SBT-2 this condition may be only a reflection of the experi-
mental uncertainty in the determination of Ita, . which may be as much 
as lQ.05. The relative forward inclination of the resultant force 
on wing SB'l'-l, however, is definite. This result, which is at first 
somewhat surprising in view of the sharp leading edge of this wing, 
may be associated with the shape of the airfoil section in two ways: 
(1) The far forward position of the maximum thlclmess on this wing 
may cause a reduction of' the friction drag with increasing angle. 
Such an effect would tollow if the change in angle of attack were 
accompanied on the lower surt'ace ot the wing by a reduction in the 
large area of turbulent boundary-layer flow which exists at zero 
angle. (2) The relatively large leading-edge angle of the secti'on 
may result in a certain amount of leading-ed.ge suction despite the 
sharp edge. Since the actual pressure distribution in the vicinity 
of the leading edge will depend very much on the nonlinear effects, 
of airfoil thiclmess, such a result is not inconceivable. Whatever 
the cause of the relative reduction of ka for wing SB'l'-l, however, 
the experimental value of 0.86 still falls considerably short of 
the value of' 0.68 given by equation (14) f'or the f'ull theoretical 
l eading-edse suction. 
In an attempt to realize a greater amount of the theoretical 
suction with wing SET-I, the leading edge was rounded to a radiuB of 
0.25 percent of the chord, which is of the same order as the radius 
of an NACA low-drag section of comparable thiclmess ratio. The aer~ 
~amic characteristics of this modified wing are' shown in figure 11. 
The drag due to angle of attack for this wing is comp~ed with that 
for the unmodified wing in the lower gt"aph of figure 17, which also 
includes the ccmputed curves for zero lead1ng-edge suction and for 
the full theoretical value. The rounding of the leading edge affords 
a emaIl benefit, the experimental values of CDi/(CCL)2 and ka being 
reduced to 0.350 and O.BO, as compared with the theoretical minimum 
values of 0.273 and 0.68, respectively. Further rounding of the lead-
ing ed8e - to a 0.5()...percent radius over the entire span and then to a 
still greater radius over the outer half - had no additional effect. 
LifHrag ratlo.- On the basis of the parabolic drag curve of 
equation (7) the maximum lift-drag ratio for an uncambered wing 
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(CLD::an.1n=O) is given theoretically by 
The maximum 1ift-drag ratio thus depends equally upon the minimum 
drag and the drag-rise factor. The lift coefficient at which the 
max:1mum occurs 1s 
33 
(18) 
The theoretical values of these quantities for the wing alone, 
assuming pressure drag only and no leading-edge suction, are given 
in table I for comparison with the experimnta.l values. The experi-
mental values of the ma x 1mum lift-drag ratio for all th~ uncambered 
wings are, of course, considerably less than those given by the 
theory, largely because of the effects of skin friction and support-
body interference. 
Among the sharp-edge swpt-back wings, there is 1:1 ttle aifference 
between the experimenta.l values of (LID hna:x for wings SBT-l and 
SBT-2, indicating that forward displacement of the maximum thickness 
did not provide the relative gains in lift-drag ratio which considera-
tion of pressure drag alone would predict. This is a reflection of 
the failure of such displacement to reduce the minimum drag as 
previously discussed. The fact that wing SBT-1 does have slightly 
the higher (LjD)ma.:x despite its larger minimum drag is a result of 
the smaller increase in drag due to angle of attack for this wins. 
This con.d.i tion is illustrated in figure 18, which shows how the drag 
curves for the two wings cross before the maximum lift-drag ratio is 
reached. 
The effect on lift-drag ratiO of· rounding the leading edge of 
wing SBT-l is shown in the upper graph of figure 11. The small 
decrease in drag due to angle of attack previously noted as the result 
of rounding leads to an increase in (L/D)max from 6.4 to 6.8. Since 
the effect of rounding on the minimum drag was seen to be nil, this 
is in qualitative agreement with equation (1.1). If the value of 0.213 
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calculated for CD1/(l'CL) 2 on the basis of full theoretical leading-
edge suction were achieved with no change in the value of 0.0160 
obtained experimentally for Cnnun, the resulting (L/D)ma.x for 
wing SBT-l would be increased to 7.6. 
The present results with regard to the gains obtained by 
rounding the leading edge should not be taken as conclusive, as 
the rounding was here made arbitrarily on a basic wing chosen with 
other criteria in mind. The result previously cited with regard 
to the angle of zero lift for wing SBT-3 indicates that the upflow 
requisite for'the realization of leading-edge suction does exist 
ah.ead of the wing. To take the maximum advantage of this upflow 
may require considerable care in research and design. The theo-
retical possibilities in this regard are discussed by Jones in 
reference 20. 
To complete the consideration of lift-drag ratio, the swept-
forward wings are seen to have slightly lower values of (L/D)max 
than the corresponding swept-back wings, the differences being 
the result of relative but inconsistent variations in both minimum 
drag and drag due to angle of attack. All of the uncambered wings 
attain (L/D)max at a cownon lift coefficient of about 0.2. This 
1s. greater than the theoretical values for CLo t because of the 
experimental increase in minimum drag over the theoretical inviscid 
value. 
Schlieren Observations 
Certain of the schll eren photographs, while not essential to an 
understanding of the previous results, are of interest in themselves. 
To aid in the identification i n lat8r pi ctures of gradients associated 
with imperfections in the glass windows and with nonuniformities in 
the tunnel air stream, photographs of the pertinent region of the 
empty test section with wind off and wind on are ShOWYl in the upper 
half of figure 19. In these and all subsequent photographs, the knife 
edge was oriented vertically in such a way that" positive density 
gradients in the downstream direction appear as white regions. The 
obli~ue compression waves which appear in the right-hand corners of 
the photograph wIth wind on originate from imperfections in the nozzle 
walls as eXlllained in reference 13. They are far enough downstream 
that they do not affect tl~ test results. The flow about the 30 _ 
incidence support body tested alone at zero angle of attack is shown 
in the lower half of fi~e 19, the body being oriented in the same 
manner as for a side-view picture of the wing. The intersection of 
the conical nose wave and the boundary layer on the tunnel side walls 
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appears as a faint disturbance of hyperbolic shape (a) as previously 
noted in references 13 and 14. Similar intersections caused by other 
shock waves appear in later pictures; they can be distinguished from 
the disturbances in the air stream proper by their~characteristically 
wavy appearance. 
Plan-view and side-view photographs of the flow at zero angle of 
attack are shown for wings SBT-l and SBT~ in figure 20 and f'or wings 
SFT-l and SFT-2 in figure 21. For reference, the position of the root 
section of the wing is shown in the side-view pictures. Since the two 
views of a given wing represent e ssent1ally only two sections through 
a complex three-dimensional flow field, care must be exercised in 
ascribing the origin of the less familiar elements in the observed 
wave patterns. A thorough study of the pictures would include 
correlation with theoretical calculations of the pressure field off the 
surface of the wings. Since the labor involved in such calculations 
was prohibitive, only qualitative observations can be made at present. 
The most apparent difference in the flow fields about the two 
swept-back wings is in the position of the shock waves leaving the 
trailing edge in the plan-view pictures of' figure 20. On wiIl8 SBT-l 
this wave leaves the tr~iling e~ just inboard of the tip and is 
preceded by a small expansion region (dark in the picture); on wing 
SBT-2 the wave first appears approximately 30 percent of the span 
inboard from the tip and is preceded by an expansion region of 
considerable extent. Reference to figure 14 shows that these waves, 
if extended onto the surface or' the wings in a straight line, would 
coincide approximately in each case with the beginning of the adverse 
pressure gradient in the calculated pressure distribution and hence 
with the transition from laminar to turbulent boundary-layer flow. 
Correlation of these wave patterns with the calculated pressure fields 
off the wiIl8 would be of' considerable interest. The plan-view 
pictures also indicate that the relative forward displacement of the 
maximum. thickness on wiIl8 SBT-l increases the intensity of the com-
pression wave from the leading edge of the root section. This 
difference, which is also apparent in the side-view pictures, is in 
accord with the relatively greater pressure rise indicated at the 
apex of wing SBT-l in figure 14. The greater entropy increase through 
this stronger wave, which is not taken into account in the linear 
theory, would tend to reduce the relative theoretical advantage of 
wing SBT-l as regards pressure drag. Such higher--order pressure 
effects are, however, probably 6IIlB.ll as compared with the effects 
of friction drag previously observed. In the side-view pictures, 
the shock waves originating at the trailing edge coincide with the 
wave (b) caused by the surface discontinuity on the support body 
(fig. 19), so that no observations are possible with regard to 
these trailing-edge waves. 
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The main difference in the flow patterns for the swept-forward 
wings (fig. 21) is in the position of the trailing shock waves. In 
the side-view pictures the trailing wave ~or wine; SFT-l again 
coincides ,dth the wave from the support body, but for wine; SFI'~ a 
separate trailing wave can be seen forN8xd of the body wave. The 
strong shock waves from the leading edge of the swept-forward wings 
are apparent. 
General Remarks 
~fuch work remains to be done before a choice can be made as to 
the most suitable wing for a given supersonic flight condition, even 
if the con~licating factors of control, structural strength, and 
performance at other flight conditions are neglected. Certain 
general observatIons with regard to triangular wings can be made, 
however, on the basis of the present study. 
It was suggested in the discussion of minimum drag that a swept-
forward triangular wing of proper design, because of its inherent 
laminar-flow properties, might afford a lower minimum total drag than 
could be attained with a swept-back t:riangle. The swept-forward plan 
form has, however, t\fO relative disadvantages. First, there is no 
possi bili ty, SUGh as exists with thE; s,.,e pt-back triangle, of improving 
the lift-drag ratio by means of lea(E::lg~dge suction. Second, because 
of the effect of the intersecting Mach lines from the tips, the change 
in position of the aerodynaniic center with change in Hach number will 
be appreciable on the s"ept-for'l-Tard triangle. For these reasons, 
the swept-back plan form would probably be preferred, even if a gain 
in minimum drag could be reali zed with the swept-forward wing. A 
possible exception in which lift-drag ratio and travel of the aero-
dynamic center are not of serious consequence might be the case of a 
stabilizing fin at "the rear of a missile. 
In any event, it is clear that any consideration of an optimum 
design must take account of the effects of friction and the boundary 
layer. As at subsonic speeds, the influence of the pressure distribu-
tion over the wing in determining the nature of the flow in the 
boundary layer is apparentj and the Reynolds number, while not a 
variable in the present investigation, may be er~ected to play an 
important role. In this regard, the consequences of a large increase 
in Reynolds munber from the 1m, value of the present tests are 
difficult to assess. The magnitude of the skin-friction coefficients 
would, of course, be decreasedj and if there were no change in the 
transition point, the over-all friction drag for a wing of given shape 
would diminish relative to the pressure drag. On the other hand, it 
can be shown from theoretical considerations (reference 20) that 
the development of wIngs of optimum shape with regard to minimum drag 
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at a given Reynolds number may be expected to lead to geometric forms 
having a large percentage of friction drag. In addition, theoretical 
and experimental results (see, e.g., references 14 and 21) s~st 
the possibility that long runs of laminar flow may be more readily 
attained at supersonic than at subsonic speeds. Serious study should 
therefore be given to the design of wings and bodies to reduce the 
pressure drag as much as possible and at the same time maintain the 
lo~st practicable extent of favorable pressure gradient. 
As previously explained under Corrections to Experimental Results 
the difficulty in obtaining interference-free drag results for compari-
son with the theoretical calculations reflects the gravity of the 
problem of wing-body interference at supersonic speeds. Although 
techniques of wing support can certainly be devised superior to those 
of the present tests, the application of the resulting interference-
free data. to the design of a practical wing-body combination would 
still present a difficult problem. In either regard, an essential 
difference exists between supersonic flow and. subscri tical subsonic 
flow. At purely subsonic speeds the effects of a presstn'e disturbance 
spread in all directions but diminish rapidly with distance. As a 
result, the interference effects of combining a wing and body are 
confined, apart from possible wake effects, largely to the vicinity' 
of the wing-body juncture. In supersonic flow, however, pressure 
disturbances are propagated relatively undiminished within their zone 
of influence,; in fact, in two-dimensional flow they are, to a first 
order, transmitted along the Mach lines without reduction. Thus, in 
addition to the effects at the wing-body juncture itself, a body may 
now have appreciable influence on the flow at positions on the wing 
far removed fiom the juncture, perhaps even at the tips. This latter 
condition is to be expected, for example, at the tips of the present 
swept-forward wings, which are seen in the plan-view schlieren 
pictures of figure 2l to lie just behind the bow wave from the body 
and hence in the varying pressure field of the ogive. If it is 
assumed that effects of this type may be determined by simply 
considering the wing to be immersed in the calculated pressure field 
of the body alone, the resulting changes in the aerod.yna.m.ic charactel'-
istics of the wing must then depend upon both the wing section and 
plan form. Remote effects which originate from the wing-body juncture 
itself rather than fiom the body ahead of it, such as would exist, for 
example, on a highly swept-back wing, may not be susceptible to such 
a simple analysis because of the interrelation between the boundary 
condi tiona for the wing and. body. Effects in the immediate vicinity 
of the juncture must receive epecial consideration for the same 
reason. In any event, it now appears that the established subsonic 
practice of treating the elements of a wing-body combination separately 
may be of restricted applicability in the supersonic field. 
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CONCLUSIONS 
Tests were cono.ucted at supersonic speed of three sharp-edged 
wing models having a thickness ratio of 5 percent and a common 
triangular plan form of aspect ratio 2 but differing in thickness 
distrj.bution and crunber. The tests afforded the following conclusions 
at a Mach number of 1.53 ana a Reynolds number of 0.75 milllon: 
1. The experimental lift and moment curves were essentially as 
would be expected on the basis of the superposition prjnciple of the 
linear theory, which states that the effects of thiclrness, camber, 
and angle of attack can be treated separately for any given wing. 
2. To a first approximation, the lift-curve slope was indepen-
dent of the direction of sweep as predicted by the Ijnear theory. 
Closer exandnation showed small secondary differences, the average 
slope for the swept-back triangles being about 10 percent less than 
theory, while that for the swept-forward triangles agrees with theory 
almost exactly. 
3. The slope of the moment curve as referred to the centroid of 
plan-form area was found to depend markedly on the direction of sweep. 
For the swept-back triangles the slope was essentially zero in agree-
ment with the linear theory. For the swept-forward triangles the 
experimental slopes indicated positions of the aerodynamic center 
noticeably forward of that predicted by the linear theory. 
4. The addition of camber as here employed caused the angle of 
zero lift to be negative for the swept-back triangle and positive 
for the swept-forward triangle. It resulted in a negative moment at 
zero lift in both cases. 
5. Moving the maximum thickness forward from the 50-percent 
to the 20-percent chordwise station on the swept-back triangle did 
not reduce the minimum total drag in the way that theoretical con-
siderations of the pressure drag alone predict. Determination of 
the areas of laminar and turbulent boundary-layer flow by the 
liquid-film method indicates that this result was due to an increase 
in friction drag resulting from an increase in the area of turbulent 
flow. In both cases the area of turbulent flow was observed to 
correlate well with the area of adverse gradient in the theoretical 
pressure distribution. 
6. The measured minimum drag for a given model was to a first 
approximation independent of the direction of sweep. This result 
tends to confirm von ~~IS independence theorem for minimum 
pressure drag. 
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7. For the eweptr-forward triangles the rise in drag vi th change 
in attack was independent of the airfoil section and indicated that 
the accompanying change in resultant force was essentially normal to 
the chord line. 
8. For the swep't-back triangles, which have a subsonic leading 
edge at the test Mach number, moving the maximum thickness forward 
and rounding the leading edge for the forward position caused small 
successive reductions in the drag rise and corresponding increases 
in the maximum lift--<irag ratio. lbis demonstrates the possibility 
of aerodynamic gaine through rea~1zat1on o~ the ~ead1ng-edse sucti on 
indicated by theory. 
Ames Aeronautical Laboratory, 
National Advisory Committee for Aeronautics, 
Moffett Field, Calif. 
APPENDIX A 
PRECISION OF DATA 
The accuracy of the experimental. data can be determined by 
est1lllat1ng the uncertainty in the individual. measurements which enter 
Into the determ1llatlon of the aerodynamic coeffIci.ents, ansle of 
attack, aDd stream characteristics. The ovel"-flll uncertainty in 
any given quantity is then obtaillBd by combination of the pertinent 
Individual estimates. The final values are given on page 13 of the 
main text. In combining the individual. est1me.tes, geometric 
summation similar to that recommended 1n ref'erence 22 has been 
used in place of the aritbmtic summation previously employed in 
references 13 aDd 14. The final uncertainty is thus taken as the 
square root of the sum of the squares of the indIT1dual Talues. 
These latter values are sUD'llDarized in the succeeding paragraphs. 
~rodynamdc CoeffIcients 
A difference of :ti count in readIng the galvanometer at its 
lowest sensitivity Yill cause an uncertainty in the lift, drag, and 
pitch~nt coefficients of ±0.0008, ±O.OOOl, and to.OOl, 
respectively, at a 11ft coefficient of 0.4. 
In the course of the tests, the balance cal1bration factors, as 
determined by calibrations at frequent intel"'f'Bl.s, varied enough to 
cause an uncertainty of to.3 percent, ±0.7 percent, and to.6 percent 
in lift, drag, and lDODBnt, respectively. Variation in correction f'or 
CONF1l1EN'l'IAL 
-~-~--~---~----- -
40 CONFIDENTIAL NACA RM No. A7I10 
shift of the balance zeros with temperature, which is explained in 
reference 13, may cause an uncertainty of ±0.002~ ±0.0002~ and ±0.001 
in 11ft" drag" and moment over the extreme temperature range. Because 
of rotation of the balance beam as explained in reference 13" the 
lift force has a measurable, nonlinear effect upon the drag reading. 
The correction for this effect introduces an uncertainty of about 
to.OO12 in the drag coefficient at a lift coefficient of 0.4. An 
uncertainty in moment coefficient of approximately t2.6 percent of the 
lift coeffic.ient is introduced in the determination of the distance 
between the effective center of the sting moment gage and the centroid 
of the wing. 
To determine 11ft and drag" the forces measured by the balance 
were resolved parallel and perpendicular to the tunnel center line. 
Because of the slight angularity of the stream" the coefficients 
presented are thus not strictly applicable to the wind axes. The 
error from this source 1s insignift cant except in the drag neasurements 
at angle~ of attack above 60 • 
Errors in manometer readings are reflected in the computed 
dynamic pressure and hence in the aero~c coefficients. An 
uncertainty of approximately ±0.25 percent in all coefficients is 
attributable to this cause. The error in d.yn.am.1c pressure due to 
small variations from the specified test Mach number (see below) 
causes a further uncertainty of about to.2 percent. Variations of 
the specific humidity in the tunnel circuit below the value of 0.0002 
maintained in the present tests cause a known variation of less than 
0.25 percent in the dynamic pressure. Although small, this variation 
was taken into account in the reduction of the data by correcting all 
results to a cammon humidity of zero. The uncertainty from variation 
in humidity is therefore believed to be negligible. 
Possible errors in correcting the base pressure on the support 
body to the static pressure of the free stream cause an uncertainty of 
about to.OOOl in the neasured drag coefficients. 
All results are presented for a cammon Mach number of 1.53. 
Actually the true test Mach number differs slightly for the different 
wings as described below. Since" to a first approximation" aero-
d.ynam.ic c~fficients for wings are theoretical.1.y proportional to 
{:JAo2 - l )-"" these differences introduce an uncertainty of tl.O 
percent in all neaaured coefficients. 
Angle of Attack 
The method of determining the angle of attack of the wing is 
described in the main text under Teat Methods. The establishment of 
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the zero angle by means of the dial indicator and surface plate 
introduces an uncertainty of ± o. 050 • The IiJ.easurezoont of the addi-
tional angular settings with the telescope entails an illLcertainty 
of about ±O.lo• The experimental scatter of the stream-angle survey 
indicates an uncertainty of less than ±O.lo from this source. 
stream Characteristics 
As described in reference 14, the static pressure and Mach 
number vary slightly with longitudinal position in the test section. 
The specified Mach number for the present general investigation is 
1.53, which is the value existing at the moment axis for the suppor"b 
body alone (fig. 3). Because the centroid of area of some of the 
"rings in the general investigation (including those of the present 
report) does not coincide with this axiS, the ~~ch nmlwer at the 
centroid of any given wing will actually lie between the limits of 
1.52 and 1.54. 
The specified Reynolds number for the general investigation is 
750,000. As the result of variations in the tunnel temperature and 
pressure, the actual Reynolds number may vary between -30,000 and 
+10,000 from the specified value for any given wing in the complete 
series. For the wings of the present report the variation is 
somewhat less, being only ± 10,000. 
APPENDIX B 
AERODYNAMIC CHARACTERISTICS OF THE SWEPT-FORWARD 
TRIANGULAR LIFI'ING SURFACE 
F1~om the known solution for the pressure field acting on the 
raked tip of a trapezoidal lifting stU'face, the pressure field on a 
swept-forward lifting triangle can be determined to the first order 
over most of the surface provided the trailing edges are not too 
far behind the tip ~Bch lines. Referring to figure 22, the 
preSSQTe field between the Mach line and the edge of the raked tip 
is conical and for No = J2 is given by the following equation 
based on reference 9, 
p = 20. cos-~ (1 + f - 2h) 
1t' 1 - f 
(Bl) 
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The decrement in pressure coefficient ~ from the Ackeret value of 
20. is thus 
l:J> = 20. _ ~ coer1 (1 + f - 2h '\ 
1( l-f ) (B2) 
In applying the foregoing solution to the swept-forward lifting 
triangle, it is convenient to consider the surface to be divided into 
four areas by the Mach lines as shown in figure 23. In area 1 the 
pressure coefficient 1s constant at the Ackeret value of 20., since 
this area is unaffected by the tips. The pressure coefficients in 
areas 2 and 3 are obtai ned directly from equation (Bl) by substituting 
h2 and hs , respectively, for h . In area 4 both tips act to decrease 
the pressure coefficient from the Ackeret value by decrements given by 
equation (B2). Thus P4 is given by the equation 
_ 2 [2 20. -1 (1 + f - 2h2)] 
- a. - a. - - cos 
1( 1 - f 
or 
P 4 = 20. cos-1 (1 + f - 2h2) + 20. cos-1 (1 + f - 2h3) -20. (B4) 
1( l-f 1( l-f 
It can be shown that the value of p.. given by equation (B4) is 
not correct behind the reflected Mach lines from the trailing edge 
(fig. 23). Consider a pressure disturbance from a point on the lower 
surface within area 2. Such a disturbance will be propagated parallel 
to the Mach lines from both tips and will thus reach both the near and 
the far trailing edges. The disturbance on reaching the trailing edges, 
'/hich are subsonic, will pass around the edges onto the upper surface 
influencing the upper-surface pressures. The disturbance passing 
around the near trailing edge will affect the pressures in areas 2 and 4 
as well as in some of the area behind the reflected Mach waves. The 
disturbance passing around the far trailing edge can affect only the 
pressures behind the reflected Mach waves. By using the solution for 
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the pressure field on the raked tip of a trapezoidal wing, the influ-
ence of the pressure disturbance passing around the near edge has 
been automatically accounted for. The effect of the disturbance 
passing around the far trailing edge, however, is not taken into 
account, so that the pressure coefficients behind the reflected Mach 
lines are not accurately determined. It is interesting to note that 
a disturbance must encircle the wing an infinite number of times before 
it will reach the trailing apex. A three-dimensional representation 
of the pressure field over the swept-forward triangle is shown in the 
lower h8~f of figure 7. 
The lift coefficient can be determined by integrating the 
pressure coeffi cient over the lifting surface in accordance with 
the equation 
n=4 
2 I 1 Pn dSn 
er, 
n=l Sn 
= 
n~ 
I Sn 
n=l 
(B5) 
The differential areas for regions 2, 3, and 4 are given in terms of 
h2 and % by 
dS 2 = b
2 d.h2 
2 (h2+l)2 
b 2 ~ 
d..S:3 :: 2" (he+l)2 
(B6) 
_ b 2 ~ _ b 2 d.b" 
dS4 - 2 (r+h;l2 2 (~+1) 2 
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The areaS4ie taken to include the area behind the reflected Mach 
waves; that is, the effect of these reflected waves is neglected. 
Substituting into equation (B5) and integrating between the proper 
limits yields for the lift-curve elope at Me =~ 
dCL = 4 ( f8f _ 1) 
do, V"l+t 
At any other Mach number 
dCr, 4 
= 
do, JMo2 - 1 
The value of the lif~urve-slope parameter ~ Mo2 - 1 do, 
determined from equation (BB) is plotted agaillBt m in figure 24, 
together with the corresponding values for the swept-back triangle 
obtained from equation (13) of the main text. For a wide range of 
the parameter m the solutions are nearly identical. This fact 
suggests the possibility that the solutions might be identical for 
(B8) 
the whole ~ange if a complete solution for the swept-forward lifting 
triangle had been found. In view of the existence of von ~ts 
independence theorem for pressure drag due to thickness, such a result 
does not seem improbable. For values of m much less than 0.5" the 
present solution is not satisfactory because the area behind the 
reflected Mach lines, where the pressure coefficients were not 
accurately determined, i s an appreciable fraction of the total area. 
The aerodynamic-center position expressed as a fraction of the 
root chord aft of the leading edge is given by the equation 
!fs x Pn dSn 
z.. n=l n (B9) = cr n=4 
Cr L Pn dSn 
n=l 
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The same integration areas and limits are considered as for equation 
(B5) with the result that 
(BIO) 
The aerodynamic-center position given by equation (BIO) is plotted 
against m in figure 25. For m = 1 the trailing edges and tip 
~Bch lines are coincident and the wing loading is uniform. For this 
case the aerodynamic center and the centroid of area coincide so that 
cX = l. For values of m less than unity, the wing loading on the 
r 3 
rear of the wing will decrease or become negative, shifting the aero-
dynamic center forward. 
As with the lift-curve slope, the values of aerodynamic-center 
position given by figure 25 are probably not accurate for values of 
m less than about 0.5. The value of the pressure coefficient must 
actually be zero along the entire extent of the trailing edge instead 
of having a finite negative value behind the reflected Mach waves as 
assumed in the calculations. It is probable, therefore, that there 
is less negative lift behind the reflected Mach waves than has been 
assumed. Thus, the aerodynamic-center positions given by figure 25 
are probably too small, that is, too far forward, for small values 
of m. Since for a given wing the value of m will decrease as the 
Mach number decreases toward unity, this is a problem of fundamental 
importance with regard to the stability characteristics of this and 
other similarly affected plan forma in the transonic speed r~. 
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TABU!: I.-~ OF RESULTS OF FIGURES 9 AND 10 FOR SHARP-EDGED WINGS 
Lift M :xment DralZ Lift-draQ ratio 
~) (~)L = 0 i Wing Sketch a.L = 0 CmL = 0 CDmin cDiI (li:L) 2 ~ (LjD ) max CLopt I a. L <: 0 
(deg. ) (per deg.) 
SB'lLl 1!i' ~ -0.1 0.<1400 -0.005 0 0.0160 0.375 0.86 6.4 0.21 (0) (0.0434) (0) (0) (0.0054) (0.401) (1.00) (10.8) (0.12) 
/B ~ -0.1 0.0390 -0.005 0 0.0150 0.425 0.95 6.2 0.20 SB1i-2 (0) (0.0434) (0) (0) (0.0092) (0.401) (1.00) (8.2) (0.15) 
/~, ~ -0.8 0.472 d.oes 0.0395 -0.030 0 0.0220 not 5.9 0.25 SB'lL3 ( *) (0.0434) (*) ( 0) (*) (0.401) ( *) (*) apply 
V ~ +0.1 0.0440 0 0.190 0.0155 0.430 1.09 6.2 0.20 i SF'lLl (0) (0.0430) (0) (0.160) (0.0054) (0.405) (1.00) (10.8) (0.12) 
SF1i-2 ~ ~ 0 0.0410 0 0.260 0.0170 0.438 1.03 5.6 0 . 2 0 (0) (0.0430 ) (0) (0.160) (0.0092) (0.405) (1.00) (8.2) (0.15) 
~ ~ 0.0440 0.240 0.0230 0.413 does 5.8 0.24 SF'lL3 +0.2 -0. 030 not (* ) (0.0430) (*) (0.160) ( *) (0.405) a.pply (*) (*) 
Note: In each case the experimental value is given first and. the corresponding theoretical value ind.icated 
in parentheses directly below. Where an asterisk is used, the theoretical value bas not been ""'""'-tl-~-:'cV--;:> 
computed. The theoretical values for a.ll quanti ties pertaining to drag and liftrlirag ra.tio were 
calculated by consideration of the pressure dr ag alone and on the assumption of zero leading-edge 
suction. 
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Figure 13.- Transition pattern on swept-back wings. 
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Figure 14.- Pressure distributions at 00 angle of attack on swept-back 
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Figure 19 .- Schlieren patterns common to all phot ographs. 
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Figure 20.- Schlieren photographs of swept-back wings at zero angle 
of attack. 
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CONFIDENTIAL 
Wing SFT-l - plan view. Wing SFT-2 - plan view. 
Wing SFT-l - side view. Wing SFT-2 - side. view. 
Figure 21 .- Schlieren photographs of swept-forward wings at zero angle 
of attack. 
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Fig. 22 
FIGURE 2E. - RAKED TIP OF TRAPEZOIDAL LIFTING SURFACE. 
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